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Load and Control Effects on Crack Growth in Flexible Aircraft

Sibok Yu* and Brett Newman
0Old Dominion University, Norfolk, Virginia 23529

The fundamental leverage generated by load tailoring and flight control system feedback loops for reducing
fatigue damage and enhancing long-term integrity of aircraft structural components is investigated. Nonlinear
fatigue behavior indicates two significant factors that influence crack growth are overload magnitude ratio and
application period. This behavior implies existence of nonintuitive optimal overload strength and frequency values
that minimize crack growth. Such results have important implications for design of new control logic that exploits
this nonlinear phenomenon to suppress crack growth and enhance structural life. A state-space crack growth
model is briefly reviewed and linked to a flexible aircraft model. Long-term structural integrity predictions, and
the influence feedback control and loading variations have on such predictions, are made with a set of simulations
covering the operational life of the vehicle. A mix of open-loop and closed-loop cases with nominal and variable
feedback gains, vehicle motionsincluding nominal maneuvers with superimposed gusts, deterministic and stochas-
tic overloads, and mean stress levels are considered. For an existing control architecture, individual feedback gains
have substantial influence on crack growth. This result implies significant extension of structural life may be pos-
sible by control gain adjustment within an existing architecture. Maneuver overload strength and frequency also
have significant influence. By tailoring the overload maneuver with additional control logic, this result also implies
significant structural life enhancement may be possible.

Introduction

VER the operationallifetime of both military and civil aircraft,

structural components are exposed to hundreds of thousands
of low-stress repetitive load cycles.!"> In addition to this nominal,
once per flight stress profile, the aircraft structure may experience
random, infrequenthigh-stresstransients due to, for example, emer-
gency collision avoidance maneuvers or flight through energetic
weather conditions. State-of-the-art, high-volume industrial pro-
cessing and manufacturing has not yet reached a level where micro-
material imperfections, such as cracks and debonded laminates, are
sufficiently absent within new aircraft structures. Under the flight
loadingenvironmentjustdescribed, these imperfectionsexpand and
grow leading to a weakened structural system. An important factor
limiting long-term structural integrity is the onset of rapid crack
growth rates. References 3 and 4 provide a summary of common
practices and newer methodologiesfor modeling and predicting the
fracture mechanics of such systems.

As anairframe fleet approachesthe end of its useful structurallife,
two options available for continuing operations include refurbish-
ment of critical load-bearing components or altogether reinvento-
rying the fleet with newer models. Neither option is very attractive,
and alternative solutions for life extension of the airframe structure
are, thus, highly desirable. One area having significant potential
for impacting fatigue damage reduction is flight control. Feedback
loops are routinely applied to vehicles to elicit desired motion char-
acteristics. In principle, these same control loops can be utilized
to influence exposure to harmful loads during flight. References 5
and 6 describe common load alleviation flight control systems that
perform such functions.

Fatigue behavior predicted by experiment and simulation reveals
two significant factors thatinfluence crack growth: overload magni-
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tuderatioand applicationperiod. This behaviorleads to the existence
of nonintuitive optimal overload strength and frequency values that
minimize crack growth. Specifically, minimal crack growth and min-
imal overload strength are not synonymousdue to nonlinear fatigue
retardationand acceleration effects.>* However, maneuver and gust
load alleviationcontrol systems are designed exclusivelyto perform
load reduction. These observationshave important implications for
the design of new control logic that exploits nonlinear phenomena
to suppress crack growth and enhance structural life. Such flight
control systems could be thought of as generalized load alleviation
systems, that is, maneuver and gust load-tailoring systems. Objec-
tives of this research are to investigate the basic leverage generated
by load tailoring and control system feedback for reducing fatigue
damageand enhancinglong-termstructuralintegrity, and, thus, indi-
rectly assess the potential benefit from a hypotheticalload-tailoring
flight control system.”®

In this paper, a state-spacecrack growth model is briefly reviewed.
Insight into nonlinear crack growth behavior is highlighted. Next,
integration of a structural component stress model into an existing
high-speed flexible aircraft transport model’ is considered. The ve-
hicle stress responses serve as input to the crack model. Vehicle
dynamic traits are assessed, and the necessity for control augmen-
tation is noted. Design of an integrated stability augmentation and
structural mode suppression flight control system is considered. To
address long-term structural integrity effects, simulations covering
the operationallife of the vehicle are made. A mix of open-loopand
closed-loop cases with nominal and variable feedback gains, and
with various excitations, are considered. Output data are used to
project long-term structural integrity and to expose important fac-
tors influencing suchintegrity. These results are used to infer the po-
tential leverage offered by a hypothetical generalized load-tailoring
system designed to exploit nonlinear crack growth phenomena for
enhanced structural life.

Crack Growth Model

The crack growth model used here originates from Refs. 10-12.
Figure 1 showsa typical structural componentthatis associated with
the crack model. The specimen is a notched thin rectangular plate.
The plate is symmetric and axially loaded. Parameters describing
the plate geometry include the half-width W, thickness ¢, notch
half-width ay, and notch height 4. The far-field stress loading is
o. Figure 1 indicates the presence of cracks near both ends of the
notch. The crack length (one side only) is denoted by C.
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Fig. 1 Structural component specimen.

The analytical model describing specimen crack growth is

E =C, {F(o,mx — 0p)V nC}m for

Omax > 0o (1)

dN
ac =0 for Omax < 00 2)
dN
where
F = {cos[(w /2)(C/ W)} 2 3)
00 = f (Omax> Omin, C) 4)

In Egs. (1-4), N is number of load cycles, 0p4x (0min) is maximum
(minimum) stress during the load cycle, oy is crack opening stress,
and F is a boundary condition correction factor. The parameters
C, and m are positive constants identified from experiment. The
nonlinear functionality in Eq. (4) is given fully in Ref. 8. The crack
model is nothing more than a first-order differential equation for C
in terms of N, where dC /dN represents the rate of crack growth. If
crack growth is interpreted as a dynamic system, then Egs. (1-4) are
simply a state-spacerealization of this system. The model indicates
crack growthrateis always nonnegativeand, hence,crack lengthis a
monotonically increasing function. The crack model is also highly
nonlinear. In Egs. (1) and (2), the factor o, — 0y plays the role
of an input to the dynamic system. During any load cycle where
Omax > 09, the crack will have positive growth rate. If the difference
between o, and oy remains constant, then crack length will tend
to increase with a power relationship (,/C™) as N increases. On
the other hand, if oy, falls below oy, then no growth occurs. Fi-
nally, with oy =0, Egs. (1) and (2) indicate that for tension loading
(omax > 0), positive growth rate occurs, but for compressionloading
(0max < 0), the growth rate is zero.

This system can exhibit both crack acceleration and retardation
behavior. During cyclicloading, application of an isolated overload
leads to a rapid increase in growth rate through the term o, — 09 in
Eq. (1). Crack growth accelerates as excess material near the crack
tip becomes plastic. Immediately following this event, the crack
opening stress value oy rises sharply as oy, falls off to its nominal
level. Through Eq. (2), a zero growth rate ensues. Growth rate is
retarded because the postoverloadconditionis not sufficient to open
the crack fully due to the presence of excess plastic material. As the
specimenis furtherloaded, the crack opening stress value gradually
reducesuntil it falls below the oy, threshold. At this point, a positive
growth rate returns as the material near the crack tip is once again
fully loaded. This nonlinear behavior is counterintuitive and leads
to an optimum overload corresponding to minimal crack growth.

Flexible Aircraft Model

A class of vehicles that may be particularly susceptible to exces-
sive crack growth and fatigue damage is high-speed flexible trans-

ports. Consider sucha vehicle with slender wing-body combination,
conventionalaft tail, and small forward canards. A complete nonlin-
ear modeling effort for such a vehicle exists, and the development
of low-order linear models for control synthesis is considered in
Ref. 9. A linear 12th-order state space realization for a Mach 0.6
and 5000-ft altitude flight condition is given in Ref. 8. This model
governsthe coupled, small perturbationlongitudinalrigid-bodyand
structural vibration dynamics with

X(t)=AX()+ BU(1), Yt)=CX@®) +DU@) (5)

where

X=u a 6 qg n nl, (i=123,4)

Y = [gam Gep  Azep Ucp]Ta U=1[ o Ofg]T (6)
In Eq. (6), state variablesinclude forward speed u, angle of attack «,
pitch angle 6, pitch rate ¢, and generalized structural deflection for
the ith mode 7; and its rate ;. Four aeroelastic modes are included
in the model. Inputs available for control include the elevator and
canard deflections §, and &, respectively,and « is a gust angle-of-
attackdisturbance.Responsesofinterestinclude pitchrate measured
attwo locationsnear the mode 1 antinode (approximate mass center)
qan1 and near the cockpit g.,, normal acceleration near the cockpit
a.cp, and stress near the cockpit ocp.

As the airframe undergoes longitudinal bending, fuselage string-
ers are axially loaded similarly to the generic material specimen
described in Fig. 1. For a long slender flexible fuselage, forward
stations such as the cockpit location will exhibit particularly high
stress. Thus, stress associated with a longitudinal fuselage stringer
at this location, o.,, was selected as an output of interest. This stress
outputwas notanoriginalcomponentof the flexible vehiclemodelin
Ref. 9 and, thus, required separate development. This development
was based on an equivalent moment arm procedure using classic
bending theory and the vehicle deflection mode shapes.® The stress
output relationshipin terms of vehicle states is

4
d’¢:
Ucp = _Ehe Z dx? ni (7)

i=1

where ¢; is the ith mode shape, x is the coordinatealong the fuselage
centerline, E is the modulus of elasticity, and %, is the equivalent
moment arm. The nonzero elements in the vehicle C matrix corre-
sponding to o, are, thus, —Eh.d*¢; /dx*. With such a relationship,
the vehicle transient stress response due to maneuver and gust exci-
tations is available for input to the crack growth model. Numerical
values for all parameters in Egs. (1-7) are given in Refs. 7 and 8.
Figures 2 and 3 show the open-loop vehicle frequency re-
sponses for measured pitch rates due to elevator input. One no-
table undesirable feature is the level of damping in the short-period
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Fig. 2 Frequency response for ¢,, 1, maneuver input.
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Fig. 3 Frequency response for g.,, maneuver input.
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Fig. 4 Time response for o,, maneuver input.

and aeroelastic modes. Short-period damping is ¢, =0.36 and first
aeroelastic mode damping is ¢,.; =0.073. In Figs. 2 and 3, this low
damping correspondsto the sharp modal peaksoccurringnear 1 and
6 rad/s. Another deficiency in the airframe dynamics is the large
aeroelastic modal contributions to the vehicle responses. In Figs. 2
and 3, the aeroelastic mode participation in the measured pitch rate
transfer functions is on the order of or larger than the short-period
participation.Finally, note the rapid 180-deg phase lossin Fig. 3 near
6 rad/s. This phase loss indicates a nonminimum phase behaviorin
the g, /8, transfer function. The nonminimumphase behavioris due
to the noncollocatedelevator and cockpit pitch rate actuator-sensor
pair. These characteristicsare unacceptablefor manual control by a
pilot and assistance from a flight control system is necessary.
Figure 4 shows the open-loop stress response at the cockpit due
to a +1-deg filtered pulse input at the elevator applied for a dura-
tion of 1 s. The filter is first-order low pass with break frequency
at 4 rad/s and approximates the neuromuscular limitations of the
pilot. The transient stress response shows oscillatory behavior at
multiple frequencies, including the short-period and first aeroelas-
tic mode natural frequencies. The stress reaches a maximum value
of 12,000 Ibf/in.? tension and approaches a steady value of near
2,0001bf/in.” tensionafter 15 s of motion as the vehicle comes to rest
atits new attitude and deflection state. Note the stress values shown
in Fig. 4 are only perturbation values from the mean stress state
presentat the original equilibrium point, possibly due to static trim
deformation or fuselage pressurization, for example. To obtain the
total stress, the mean value must be added to those in Fig. 4. Figure 5
shows the open-loop cockpit stress response due to a Dryden gust
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inputwith 1-ft/s guststandard deviation, 658.2-ft/s total flight veloc-
ity, and 2500-ft characteristic height. The stress standard deviation
and statistical peak values based on a 100-s window are 630 1bf/in.?
and 1900 Ibf/in.? Structural components exposed to cyclic loading
asin Figs. 4 and 5 would be compromised due to accelerated fatigue
damage.

Control System Design

Objectives of the flight control system design are to correct the
inherent deficiencies associated with the handling and ride char-
acteristics noted earlier. These objectives include augmentation of
the short-period and aeroelastic mode damping and suppression
of aeroelastic contributions in the vehicle responses. Reduction of
crack growth through direct augmentation of stress is not a primary
objective. A conventional design approach consisting of sequential
single-loopclosuresis utilized. The closed-looparchitectureis given
in Fig. 6, where G (s) is the vehicle transfer matrix correspondingto
Eq. (5), ki1, k2, and k. are control gains, p(s)is a dynamic prefilter,
and § is pilot stick input. The g, to 8, loop is closed to improve
the aeroelasticmode damping, especially for the first mode. A §,-4.
crossfeed is applied to reduce aeroelastic motion excitation from
the elevator. The g, to §, loop is closed to improve short-period
damping. These three sequentialdesign steps lead to the architecture
in Fig. 6. The dynamic prefilter serves to lessen the trade between
short-period damping augmentation and aeroelastic mode 2 desta-
bilization associated with the k;; loop. Details of the design process
and all numerical values in Fig. 6 may be found in Ref. 8.

Figures 2 and 3 also show the closed-loop frequency responses
for the augmented vehicle. Note in Figs. 2 and 3 the closed-loopre-
sponse has been scaled so that it matches the open-loop response at
low frequency. Short-period damping has improved from ¢, =0.36
to ¢, =0.55, whereas the first aeroelastic mode damping has im-
proved from ey =0.073 to 0.14. These improvements are shown
as reduced sharpness and height of the closed-loopshort-periodand
first aeroelastic mode peaks in Figs. 2 and 3, relative to the open-
loop traces. In addition to improved damping, the aeroelastic mode
peaks and valleys located near 6 ~ 15 rad/s in Figs. 2 and 3 are sig-
nificantly reduced when compared to the corresponding open-loop
behavior. This feature is a result of careful crossfeed and prefilter
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augmentation. The first aeroelastic mode has been rendered less
disturbable from pilot input, and the contamination of the vehicle
responses by the aeroelastic modes is reduced relative to the open-
loop system. Also note the phase loss in Fig. 3 has been reversed
with control augmentation.

Another assessment of the closed-loop system concerns stability
margins. Breaking the loop at §, and §. individually in Fig. 6 leads
to the following upper gain margin (GM) and phase margin (PM)
values:

GM;, = 18.18 dB, PM;, = £163.64 deg (8)

The stability margins are quite good and would satisfy most de-
sign requirements. This stability robustness superiority is inherent
to the chosen feedback loops in Fig. 6. The numerical values indi-
catethe ¢., /8. loop couldbe further tightenedforincreased damping
of mode 1 with little risk of instability as measured by PM. Also,
the ¢.,,/8. loop can be tightened for further short-period damp-
ing augmentation. However, aeroelastic mode 2 limits the available
bandwidth in this loop. Fortunately, short-period damping is suffi-
cient. Note these margins are optimistic to some degree because the
dynamic model assumes ideal actuators and sensors are available.
Utilization of realistic models for the actuators and sensors would
degrade the values listed in Eq. (8) somewhat. However, this added
complexity was not considered essential to the research objectives
and were, thus, neglected.

Even though control system objectives did not address stress re-
sponse augmentation, the feedback loops in Fig. 6 impact these
responses. Figure 4 also shows the closed-loop stress response at
the cockpitdue to a +1-deg filtered [4 /(s + 4)] pulse input from the
pilot command § applied for a duration of 1 s. Note that in Fig. 4
the closed-loop response has been scaled so that it matches the
steady-state open-loop response value. The closed-loopresponse is
improved. The initial compressive peak in the open-loop response
is eliminated, as well as high-frequency small-amplitude stress os-
cillations. The remaining dominant oscillatory peaks are about 20%

transients, the control loops do have a significant and beneficial ef-
fect on these transients. In the next section, these effects on crack
growth and structural life will be explored.

Flight Profile Development

To investigate the influence feedback control and loading charac-
teristics have on crack growth and long-term structural integrity, a
matrix of test cases is considered in Table 1. Five loading cases are
considered and include nominal profiles without and with gust and
perturbed profiles with mean stress, maneuver overload, and gust
overload. Nominal profile refers to the baseline maneuvers con-
ducted during one single flight, and repeated over and over, to rep-
resentthe operationalusage during the structurallife. Perturbed pro-
files are obtained by the indicated variation applied to the nominal
profile. Table 1 also indicates three aircraft systems are considered
and include nominal open-loop,nominal closed-loop,and perturbed
closed-loop cases. The perturbed closed-loop case is generated by
feedback gain variations.Simulationresultsindicatedin Table 1 will
allow crack growth comparisons to be made between open-loopand
closed-loop behavior, between nominal closed-loop and gain var-
ied closed-loop behavior, and between nominal flight loading and
perturbed flight loading behavior. Before discussing these cases,
nominal and perturbed flight profile development is necessary.

An isolated pitch maneuver initiated by pilot stick input, such as
a pitchdown-descend-pitchup sequenceto decrease altitude,can be
generated by a +1-deg pulse at the stick input applied for a duration
of 1 s, followed by a —1-deg pulse initiated after 15 s of motion and
alsoappliedfora durationof 1 s. Note the stick inputis again filtered
torepresentthe limitationsof the human neuromuscularsystem. The
cockpit stress response for such an input applied to the open-loop
flexible aircraft model is shown in Fig. 7. The pitch maneuver leads

Table 1 Simulation test cases

. Syst
less for the closed-loop system, relative to the open-loop system. - ys.em
The stress is responding primarily to the rigid-body pitch motion ) Nominal Nominal Perturbed
of the vehicle in the closed-loop case. The closed-loop cockpit Loading openloop  closedloop  closed loop
stress response due to a unit Dryden gust is also shown in Fig. 5. Nominal profile N x x
The closed-loop stress standard deviation based on a 100-s win- Nominal profile, gust x x
dow is 500 1bf/in.2 and is below the corresponding open-loop value Perturbed profile,
(630 1bf/in2) indicating a reduced structural loading. The closed- Maneuver overload X X
loop stress peaks are reduced significantly when compared with Gust overload X
the open-loop peak amplitudes. In summary, even though the flight Mean stress x
control system was not specifically designed to influence the stress x: Investigated test case.
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Fig. 7 Cockpit stress response for isolated pitch maneuver input.



152 YU AND NEWMAN

to an initial transient stress response (pitch down), which settles to a
steady value at 15 s (descend) and then undergoes another transient
response (pitch up) before decaying back to the original zero value
at 30 s (level flight).

A single operational flight is specified here to be a consecutive
sequence of 10 isolated pitch maneuvers. This maneuver sequence
and resulting nominal flight correspondsto the nominal profile load
case in Table 1. The nominal profile with gust case in Table 1 is
generated from the nominal flight profile by appending the stress
response resulting from a unit Dryden gust with duration of 100 s
after every flight. Note distinction between ascent and descent ma-
neuvers was judged to be unimportantat this level of modeling. The
perturbed profile with maneuver overload or gust overload cases in
Table 1 are obtained from a variation of the nominal flight profile.
In the maneuver case, after a specified number of nominal flights,
Ny, the 10th and last pitch maneuver is amplified to representa ma-
neuver overload. The amplification factor is given by §,/§,, where
8, corresponds to the nominal stick input and §, corresponds to an
enlarged stick input. In the gust case, a Dryden gust input with du-
ration of 100 s is applied. Here, the amplification factor is denoted
by g /a1 with similar definition as earlier. These sequences are
repeated over and over. The perturbed profile with mean stress case
in Table 1 is obtained by simply adding a mean stress level to the
nominal profile case.

To calibrate the temporal scale in subsequent aircraft structural
life predictions, actual operational flight time and the vehicle age
must be related to number of flights. A typical long-range transport
averages about 6.67 h/flight. Moreover, about 600 flights are accu-
mulated annually for such a transport. Therefore, excitation by 600
sets of the nominal flight profile is assumed to correspond to 4000 h
of flight time or an approximate age of 1 year (600 flights &~ 4000-h
flight~ 1 year). Consider an example, which is helpful in under-
standing results in the remaining sections of this paper. If a vehi-
cle structure was designed for 100,000-h flight, then this rating is
equivalent to 100,000-h flight/6.67-h flight/flight~ 15,000 flights
or 15,000 flights/600 flights/year ~ 25 years. Assuming that 50% of
the structural life was spent during crack initiation,! the number of
flights corresponding to the period of measurable crack growth, and
that which would be predicted by use of the crack growth model, is
on the order of 7500 flights. Note the timescale in Fig. 7 (10 x 30 s)
and a single flight (6.67 h) are not directly related because the air-
craft may spend considerable periods of time in a steady climb or
descent, or in cruise. This observation does not affect the results,
however, because stress is constant during these flight conditions.

Two additional comments are made before considering the sim-
ulation results. The crack growth model in Egs. (1-4) is excited
by a discrete input. Thus, intermediate points lying between peak
values in Fig. 7 have no effect on crack growth. Peak values are,
thus, extracted from the vehicle stress response before application
to the crack model. Also for the assumed crack growth model, neg-
ative or compressive stress has no influence on crack growth [see
Eqgs. (1-4)]. Thus, all negative stress data points are set to zero be-
fore being inputted to the crack growth model. Simulation results
for each of the load cases in Table 1 are discussed next.

Nominal Profile and Control

In this section, a comparison is made between the crack growth
behavior associated with the open-loop vehicle and closed-loop ve-
hicle when excited by the nominal flight profile and the nominal
flight profile with gust. Figure 8 shows crack growth length vs num-
ber of flights corresponding to the preceding four cases. Starting
from an initial crack length of 12.7 mm, in all cases the crack growth
follows a power relationship. The stress loading is applied until the
crack length reaches a specified limit of 40 mm. The theoretical
upper bound for this value (in this application) is the half-width
W =76.2 mm. The specified value is roughly 50% of this upper
bound and provides a reasonable threshold where the structural
member is judged to be ineffective in supporting load.

For the open-loop vehicle excited by the nominal flight profile
with and withoutgust, observe the crack lengthin both cases reaches
the specified upper limit of 40 mm after approximately 1700 flights.
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Fig. 8 Crack growth comparison for nominal flight profiles.

The presence of additional loading on the vehicle structure due to
the gust results in a small and insignificant decrease in structural
integrity (increased crack growth rate). For the closed-loop vehicle
excited by the same load cases, similar behavior is observed. The
presence of the nominal gust in each flight has little or no impact on
structural integrity.

For the closed-loop vehicle excited by the nominal flight profile
with and without gust, note that the crack lengthreaches40 mm after
approximately 3860 flights. Based on the resultin Fig. 8, significant
extension of structurallife is predicted when there is utilization of a
flightcontrol system. Closed-loopstructurallife is more than double
(approximately 130%) the value for the open-loop case. Based on
the temporal calibration given earlier, an enhancement of structural
life by 2160 flights corresponds to an additional 14,400 h flight
service or an increment in usable vehicle age of 3.6 years.

Recall that the indicated number of flights from Fig. 8 must be
supplemented with usage required to initiate a crack dimension of
12.7 mm, and this usage can be up to 50% of the total life.! This
additional factor of 2 is not included in the preceding comparisons.
Thus, the projectionscould be as high as 28,800-hflightor 7.2 years.
Also understand that these projectionsare based on an arbitrary final
crack length of 40 mm, which is inherently tied to the specific ge-
ometry consideredin Fig. 1. As a final caveat, the open-loop vehicle
is very flexible and most likely is not intended for operation without
feedback loops. Thus, structural life projections based on compari-
son to the open-loop vehicle may be optimistic, in some sense.

Feedback Gain Variation

The effect of control gain variations on structural life is investi-
gated in this section. Recall the control gains k,, ks, and k;; from
the control system in Fig. 6. Note that primary functions of these
gains were to augment aeroelastic damping, to reduce aeroelastic
excitation from pitch inputs, and to augment short-period damp-
ing, respectively. Figure 9 shows crack length vs number of flights
for a family of ky, values. The open-loop behavior is also included
for comparison. Here kj, is varied from 0.03 to 0.075 rad/rad/s
with increments of 0.005 rad/rad/s. Note the nominal gain value is
ko, =0.05 rad/rad/s.

For feedback gain values of 0.05 and 0.075 rad/rad/s, the crack
length attains a value of 40 mm in 3860 and 4580 flights, respec-
tively. The results show that increased gain values for k,, corre-
spond to substantial extended structural life. A 50% gain increase
(ky, =0.075 rad/rad/s) from the nominal value for ky, yields a
projected 19% enhancement to the structural life. This 19% en-
hancementis equivalentto a service of 4800-h flight and an age of
1.2 years. Again, these projections could increase by a factor of 2
when accounting for the crack initiation phase of the total structural
life.

Figures 10 and 11 show the crack length vs number of flight char-
acteristics for families of k., and k,, values. The gain k. is varied
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Fig. 11 Crack growth behavior, variable k;;.

from —1.2 to —3 rad/rad by increments of 0.2 rad/rad, whereas
for ky;, the range is from —0.03 to —0.075 rad/rad/s with incre-
ments of 0.005 rad/rad/s. Note that the nominal gain values are
k.; =—2rad/radand k;; = —0.05rad/rad/s. Resultsimply increased
gain (or the absolute value of gain) for either k; or k., will lead
to extended life. Gain variations correspondingto 50% increments
(k. =—3 rad/rad and k,; = —0.075 rad/rad/s) from the nominal
level yield additional numbers of flight on the order of 840 flights

and 1250 flights, respectively. For k.;, 840 flights correspond to
5600-h flight or 1.4 years. For k;;, 1250 flights is equivalent to
8333-h flight or 2.1 years.

In all gain variation cases, tighter feedback loops provide more
influence while controlling stress response levels and, hence, crack
growth behavior. Gain k;; appears to have the most leverage on
reducing crack growth. This observation is consistent with Fig. 4,
where it was noted that the short-periodmode provides the dominant
contributionto the overall closed-loopstressresponse. Optimization

of control gains is an attractive means for leveraging the structural
life.

Vehicle Stability and Performance Trades

In the precedingsection, the potential benefit on structurallife en-
hancement from control system retuning was investigated. The in-
vestigation proceeded by adjusting control system parameters and
observing the resulting crack growth behavior. Most likely, large
gain adjustment outside some neighborhood surrounding the nom-
inal values is infeasible without compromising some or all criti-
cal flight dynamic characteristics. In this section, trades between
closed-loop vehicle stability and performance and vehicle struc-
tural life, while undergoing feedback gain variations, are explored
and exposed.

As in the nominal case, the elevator loop upper GM and canard
loop PM are dependenton the feedback gains, and these dependen-
cies are shown in Figs. 12 and 13. Results in Fig. 12a indicate a
significant trade exists between structural life and vehicle closed-
loop stability. As the absolute value of &, is enlarged to enhance
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structural life, the closeness to instability becomes smaller. For ex-
ample, as the gain k; increases from a nominal value of —0.05 to
—0.075 rad/rad/s, the crack length attains a value of 40 mm in 3860
and 5110 flights, respectively. Simultaneously, the upper GM for
the elevator loop decreases from 18.2 to 14.6 dB. These values give
a GM to flight number sensitivity of —0.0029 dB/flight. Although
the values for GM from Fig. 12a are quite high and the indicated
losses would not pose any serious compromise to stability, the rate
at which GM is traded off for enhanced structural life is significant.
Recall that stability of aeroelastic mode 2 is the limiting factor here.
Figures 12b and 12c show a weak dependency between GM and
structural life. The elevatorloop upper GM is nearly constant as the
structural life is extended through enlargements of k., and k5.

Figures 13a and 13b show that enlargement of k;; or k., results
in a small to modest decrease in PM. On the other hand, Fig. 13¢
shows that both increasedand decreased values for k,, decrease PM.
Thus, the nominal system is at a near optimum condition for PM.
When k», is enlarged from 0.05 to 0.075 rad/rad/s, the crack length
attains a value of 40 mm in 3860 and 4580 flights, respectively.
Simultaneously, the PM decreases from +164 to +127 deg. These
values give a PM to flight number sensitivity of —0.051 deg/flight.
Again, althoughthe precedingvaluesfor PM in Fig. 13 are quite high
and the indicated losses would not pose any serious compromise to
stability, the rate at which PM is traded off for enhanced structural
life is significant. The limiting factor here is mode 1 itself.

Figures 14 and 15 show augmented short-period and aeroelastic
mode 1 damping vs number of flights for the feedback gain variations
conducted earlier. Results in Figs. 14a-14c indicate a small benefit
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Fig. 14 Short-period damping ratio vs structural life, variablek;, k.,
and kzz.
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in closed-loop performance as measured by short-period damping
as kyy, kcs, and ky, are increased to achieve longer structural life.
As an example, consider Fig. 14a. As the gain k;; increases from a
nominal value of —0.05 to —0.075 rad/rad/s, the crack length attains
a value of 40 mm in 3860 and 5110 flights, respectively. During this
same gain change, augmented short-perioddamping increases from
0.553 t0 0.611. These values give a short-period damping to flight
number sensitivity of +0.000046 1/flight. This level of performance
sensitivity can be considered as small. Figures 14b and 14c show
similar small benefits.

Data from Fig. 15¢ show a significant benefit in augmented aeroe-
lastic mode 1 damping as k, is increased to enhance structural
life. As the gain k,, increases from a nominal value of 0.05
to 0.075 rad/rad/s, crack length reaches 40 mm in 3860 and
4580 flights, respectively. During this same gain variation, aug-
mented aeroelastic mode 1 damping increases from 0.146 to 0.184.
From these values, an aeroelastic mode damping to flight number
sensitivity of +0.000053 1/flight results. This sensitivity level is
significant when considering the small damping levels that exist
for mode 1. The results in Figs. 15a and 15b for k,; and k., show
small damping tradeoffs as the structural life is extended. Trends in
Figs. 14 and 15 are consistent with the primary roles of gains ky;
and k22 .

Figure 16 shows cockpitaccelerationstandard deviation vs num-
ber of flights for the feedback gain variations considered in this
research. Results indicate a moderate benefit in cockpitride quality
as ky, is increased to enhance structural life. As the gain &y, in-
creases from a nominal value of 0.05 to 0.075 rad/rad/s, the crack
length equals 40 mm after 3860 and 4580 flights, respectively. Un-
der this same gain variation, the cockpit acceleration standard de-
viation varies from 0.0114 to 0.0105 g, respectively. These values
yield a cockpit acceleration level to flight number sensitivity of
—0.0000013 g/flight. Increased aeroelastic damping through gain
variation leads to this moderate improvement in cockpit ride qual-
ity. Results for k;; and k., show nearly constantcockpitacceleration
levels with gain variations. These results are consistent with Fig. 5,
where cockpit stress is dominated by aeroelastic contributions.

Maneuver Overload

In this section, investigations concerning crack growth depen-
dency on maneuver overload ratio and period are given. Figure 17
shows crack length vs number of flights for a range of overload
ratio values for the open-loop vehicle. The overload ratio is varied
from 1 to 4. Note that this overload ratio is synonymous with the
scaling 8, /8, appliedto the extreme pitch maneuverrepresentingthe
maneuveroverload.In generatingFig. 17, the overload periodis held
fixedat Ny = 10 flights. Similar to experimentalobservationsfor test
specimens;* the integrated flexible aircraft-crack model exhibits
nonintuitive behavior. For the range 1 < §,/§; < 1.8, crack growth
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rate decreases with strengthening overloads. On the other hand, for
2 < §,/8; < 4, the trend reverses, crack growth rate increases with
increasing overload ratio. Nonintuitive fatigue behavior is clearly
presentand leads to an optimumoverloadratio, whichresultsin min-
imum fatigue damage. From Fig. 17, this optimum value is near 1.8.
The terminal points correspondingto 40 mm in Fig. 17 are used
to construct the N; = 10 flight cycles to threshold summary chart
in Fig. 18. This chart shows the available cycles until threshold
(40 mm) and its dependency on overload ratio. The optimum over-
load ratio (for N, = 10 flights) is near 1.8. This optimum overload
conditionprovidesimportantimplicationsfor flightcontrolredesign
and exploitation. For example, suppose the aircraft structure in the
vicinity of the crack experiences a maneuver overload of strength
1.25 or 2.6 with N; =10 flights. If a flight control system were
to readjust the maneuver execution corresponding to a strength of
1.8, and assuming this readjustment was done repeatedly, the result
would be an increase in structural life of approximately 5000 flights.
This value is equivalent to 33,333-h flight or 8.3 years in age.
Overload period can also have significant influence on the crack
growth behavior. The earlier calculationsfor Ny = 10 flights leading
uptoFig. 18arerevisited with arange of values for N, with the open-
loop vehicle. The overload period ranges from 1 to 1000 flights.
Figure 18 shows these results for variable overload period. The
optimum overload ratio shows dependency on the overload period.
As the period increases (less frequent overload occurrences), the
optimum overload ratio increases. For example, with Ny =10 vs
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Fig. 19 Closed-loop cycles to threshold, maneuver overload.
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50 flights, the optimum ratio shifts from approximately 1.8 toward
avalueof 2.2. Figure 19 shows the correspondingcyclesto threshold
chart for the closed-loop vehicle. Similar behavior is observed, but
the potential extensions to structural life are considerably higher.
Note thatfor N, valuesabove 200 flights, there appearstobe multiple
local optimum overload ratios.

Gust Overload

In this section, effects from overloadratio and overload period on
crack growth behavior are again addressed. However, a distinctly
different excitation source is considered here, that is, atmospheric
gust. Figure 20 shows crack length vs number of flights forarange of
overloadratio values for the closed-loop vehicle. The overloadratio
is again varied from 1 to 4. This overload ratio is equivalent to the
scaling ay» /g applied to the Dryden turbulence excitation repre-
senting the gust overload. Figure 20 correspondsto a fixed overload
period of Ny =10 flights. In contrast to the maneuver overload be-
havior just presented, the results shown here exhibit monotonically
increasing crack growth rate as the overloadratio increases. For the
entire range 1 < o,y /0,1 < 4, crack growth increases as overload
ratio increases. Here, minimal crack growth correspondsto minimal
loading.

The cycles to threshold (40 mm) chart generated from Fig. 20 and
correspondingto an overload period of 10 flights is given in Fig. 21.
As the overload strength increases, the structural life steadily de-
creases in a nonlinear fashion. The implications for flight controlre-
designhere are simply to reduce the structuralloading in the vicinity
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of a crack due to gust excitation. For example, if the structural load-
ing due to gust can be reduced repeatedly from an overload ratio
of 3 to 2 for Ny = 10 flights, structural life can be extended by ap-
proximately 1700 flights. This extension corresponds to a service
of 11,333-h flight or an age of 2.8 years.

The monotonically decreasing nature of the gust overload case
shown in Fig. 21 is fundamentally distinct from the behavior dis-
played in Fig. 19 associated with maneuver overload. Recall the
stress response corresponding to a pitch maneuver overload is an
amplified response similar to that shown in Fig. 4. After eliminat-
ing compressive stresses, the response is primarily a single domi-
nate stress peak with many smaller surrounding stress oscillations.
Sequences of this loading structure are highly correlated to an in-
put template with isolated overloads, which is known to result in
crack retardation and acceleration behavior* In contrast, the stress
response corresponding to an atmospheric gust overload is an am-
plified response similar to that shown in Fig. 5. Here, the response
consists of many equally dominant stress peaks and is not well cor-
related with common input templates. There is no single dominant
stress peak. The conclusion is that a distributed overload like the
gust overload does not elicit crack growth retardation behavior.

Figure 21 shows the cycles to threshold chart when both overload
ratio and overload period are allowed to vary. As the period between
gust overload occurrences increases (increasing N,), the structural
life also increases. Implications for flight control are again signifi-
cant. For example, consider a gust overload scenario occurring at a
ratio of 3 and period of 10 flights. Suppose an existing flight con-
trol logic set reduces every overload occurrence to a ratio of 2.5.
The remaining structural life in this case is 1800 flights (see Fig. 21
at oty /otg; =2.5 and Ny =10 flights). Now consider another logic
set that aggressivelyreduces four consecutive overload occurrences
to a ratio of near 1 and leaves every fifth overload ratio at 2.5. In
this case, the remaining structural life is 3200 flights (see Fig. 21 at
Qg /oty =2.5 and Ny =50 flights). The new flight control logic set
increases structurallife by 1400 flights or 9333-h flight or 2.3 years.

Mean Stress

In this section, the effects of mean stress on structural life are
investigated. The stress response coming from the flexible aircraft
model, such as in Fig. 4, is only a perturbation from the mean stress
state present at the original equilibrium point. Mean stress could
originate from, for example, fuselage/cabin pressurization or fuse-
lage deformation at trim. To obtain the total stress, the mean value
is added to the perturbation value.

Figure 22 shows crack length vs number of flights correspond-
ing to the preceding case. Mean stress o, is varied from 0O to
15,660 1bf/in.2 When starting from an initial crack length of
12.7 mm, in all cases the crack growth follows a power relation-
ship. The stress loading is applied to the crackmodel until the crack
length reaches the specified limit of 40 mm. Note that mean stress
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Fig. 22 Effect of mean stress on crack growth.

has a significant impact on the crack growth behavior. Increased
mean stress yields higher crack growth rates. Furthermore, observe
this relationship is highly nonlinear. For example, a 1740 1bf/in.2
change in mean stress occurring at 0 and at 1740 Ibf/in.? nominal
conditions leads to significantly different growth rates. The growth
rate sensitivity saturates at higher mean stress levels.

Conclusions

This research investigates the influence of feedback control, and
otherfactors associated with loading characteristics,on fatigue dam-
age reduction and long-term integrity of aircraft structural compo-
nents. Computer simulations of a combined flexible aircraft and
state-spacecrack model are utilizedin the investigations.Simulation
results point out several governing factors that have significantinflu-
ence on crack growth. Critical governingfactorsinclude the nominal
controlsystem feedbackloops,individualfeedback gains of the con-
trol system, mean stress level, overload ratio, and overload period.

First, consider the factors associated with control. The presence
of a nominal control system turned out to be very important. Results
show that, for a flexible airframe, a nominal control system can dou-
ble the structural life when compared to the airframe alone without
control system. Another important factor is the control parameters.
Individual feedback gain values of the control system can provide
significant leverage for extending structural life. This conclusion
implies potential life extension is attainable by simply adjusting
control parameters of an existing flight control system.

Among the various feedback gains, k; shows the most significant
influenceon structurallife extension. Withregard to closed-loopsta-
bility, k. and ky, show small impacts on GM whereas k;; shows
a large undesirable influence on GM. Enlargements in k; and k.,
decrease the PM by small amounts whereas k», shows a large unde-
sirable influence on PM. Concerning closed-loop performance, an
enlargementof control gains k, k., and k», modestly increases the
short-period mode damping. On the other hand, enlargement of &,
increases aeroelasticmode 1 damping sizably and improves cockpit
ride quality considerably, whereas increased absolute values for ki
and k., decrease aeroelastic damping by a small amount and have
little influence on cockpit ride quality. No single control gain can
leverage structural life and avoid impacting closed-loop stability
and performance.

Second, consider factors associated with the equilibrium stress
state. Mean stress shows a large undesirable influence on structural
life. If equilibriumstructuraldeflectionis a large contributorto mean
stress, and if the vehicle has multiple control surfaces, it is conceiv-
able to redistribute the control surface inputs to reduce structural
deflection (and, hence, mean stress) while still maintaining the de-
sired flight condition.

Third, consider factors associated with the loading. Excitation se-
quences applied to the vehicle structure that include maneuver-type
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overloads have very significant influence on the structural life. Re-
sultsindicateexistenceof nonintuitiveoptimal overloadstrengthand
optimal overload frequency conditions that minimize crack growth
and maximize structural life. Specific cases exist where higher ma-
neuveroverloadsactually reduce fatigue damage. These resultshave
very significant implications for flight control. When any overload
maneuveris tailored with appropriate flight control logic, large pay-
offs are projected for structural life. Optimizing overload strength
and frequency can lead to large structurallife enhancementsin cases
considered here. On the other hand, gust-type overloads applied to
the vehicle simply decrease structural life. Gust overloads should
be minimized by the flight control load-tailoringlogic.
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